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This paper describes the results of an investigation conducted to study the feasibility of cooling hypersonic
vehicle leading-edge structures exposed to severe aerodynamic surface heat fluxes using a combination of liquid
metal heat pipe and surface mass transfer cooling techniques. A generalized, transient, finite difference-based
hypersonic leading-edge cooling model was developed that incorporated these effects and was demonstrated on
an assumed aerospace plane-type wing leading-edge section. An existing experimentally verified heat pipe model
was modified by adding both transpiration and film cooling options as new surface boundary conditions. The
models used to predict the leading-edge surface heat transfer reduction effects of transpiration and film cooling
were modifications of more generalized, empirical-based models obtained from the literature. The leading-edge
cooling model was demonstrated on an assumed aerospace plane-type wing leading-edge section exposed to a
severe laminar, hypersonic aerodynamic surface heat flux. A 1-in.-nose diameter leading-edge structure was
cooled using a lithium-filled heat pipe supplemented by either surface transpiration, surface film, or internal
active heat exchanger cooling while executing a 2000 psf constant dynamic pressure hypersonic ascent flight
trajectory. Results included transient structural temperature distributions, transient aerodynamic heat inputs,
and transient surface coolant distributions. The study indicated that these cooling techniques limited the max-
imum leading-edge surface temperatures, moderated the structural temperature gradients, and led to the
conclusion that cooling leading-edge structures exposed to severe hypersonic flight environments using a com-
bination of liquid metal heat pipe, surface transpiration, and film cooling methods appeared feasible.

Nomenclature 2 = capillary structure

C = specific heat AERO = aerodynamic

C, = constant pressure specific heat, kJ/kg-K air = air property

¢ = coefficient of friction cool = coolant property »

k = thermal conductivity, W/m-K e = boundary-layer edge condition

L = length in chord direction, m HX = heat exchanger

M = molecular weight, kg/k mole 0 = no surface cooling

m = mass flow rate, kg/s os = outer surface

Pr = Prandtl number 5 AP - ::gcl)a:gry condition

g — g;’t“}ﬁ;f%{‘,fg‘i“’ w STAG = stagnation condition

Re = Reynolds number scs = skin/capillary structure interface

St = Stanton number |4 = vapor

T = temperature, K Vin = Into vapor

¢ = time, s Vour = from vapor N

u = chord direction velocity w = wall/surface condition

v = surface normal direction velocity ® = surroundings

X = chord direction, m

Y = normal direction, m Introduction

Z,z = span direction, unit span length, m S hypersonic aircraft travel through the Earth’s atmo-

£ = emissivity sphere during ascent, reentry, or cruise portions of a

] = wedge angle flight, aerodynamic heating may become so intense near lead-

n = dynamic viscosity, N -s/m? ing edges of wings, fuselages, and engine inlets that skin ma-

P = density, kg/m? terials must be protected or cooled. Several methods of cool-

o = Stefan Boltzmann constant, W/m?-K* ing and protection are possible for various surface geometries.
Thermal barrier coatings, such as ceramic materials, can be

fubscripts g attached to outer skins.! Internal convective cooling can be

= skin
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used where a fluid is circulated through tubes or channels
within the structure.? Fluids can be used for surface transpi-
ration cooling, and ablative materials can be attached to the
surface for cooling.># Another suggested concept is to place
a heat pipe inside the hot structure where heating is most
intense.” The effect of the heat pipe is to transfer heat inter-
nally from the area of intense heating to regions of lower
heating, thereby reducing maximum skin temperatures and
thermal gradients. It appears, however, that combinations of
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these cooling and protection schemes will be required for
some of the future air-breathing, low-drag configuration hy-
personic aircraft missions now being considered.® As an ex-
ample, for the “National Aerospace Plane” (NASP) the max-
imum aerodynamic heating near the wing stagnation point
occurs during ascent and is on the order of 10* kW/m?, almost
two orders of magnitude greater than the maximum stagnation
heat flux experienced by the Space Shuttle wing.” To date,
there appears to be no singular cooling method capable of
protecting leading-edge structures from aerodynamic heat fluxes
of this magnitude. Thus, there exists a need to investigate the
feasibility of incorporating combinations of surface cooling
techniques for a NASP-type hypersonic vehicle leading-edge
structure.

The objective of this article is to present the results of a
numerical study of the transient thermal behavior of hyper-
sonic aircraft leading-edge structures which are cooled using
a combination of liquid metal heat pipes, internal active heat
exchangers through which a coolant liquid or vapor is circu-
lated, and surface mass transfer cooling.

Leading-Edge Cooling Model

Figure 1 shows a schematic of a heat pipe-cooled leading
edge with an internal active heat exchanger. Aerodynamic
heating occurs on the outer skin. Some of this energy is con-
ducted through the skin into the vapor interior of the heat
pipe, and some is directly radiated away. Some of the heat
conducted into the heat pipe evaporator section may be taken
away by the active heat exchanger. The remainder is trans-
ferred through the heat pipe vapor interior to the condensing
region, conducted to the outer skin surface, then radiated
away. The portion of the heat pipe which acts as the evap-
orator section changes as the aerodynamic heating and active
coolant flow are changed. For situations where heating is very
large, such as during the peak heating portion of a typical
NASP ascent flight, a significant active coolant flow is re-
quired to keep skin temperatures below a maximum accept-
able level. The entire capillary structure on the inside of the
skin may operate in an evaporative mode with condensation
occurring on the active heat exchanger surface. The heat pipe
working fluid must then be returned to the evaporator surface
by additional capillary action or other means. When the cooled
leading-edge region is operated in this manner, a small portion
of the aerodynamic heating is directly radiated away and the
remaining larger portion is transferred through the skin into
the interior where it is taken away by the active coolant. It
should be noted that for all situations heat fluxes and tem-
peratures are changing with time, and, thus, some thermal
energy will be absorbed or supplied by the various masses in
the structure due to their heat storage capacities.

Figure 2 shows how aerodynamic heating varies with chord-
wise distance from the leading edge. The shape of this curve
changes significantly as the shape of the structure’s leading-
edge changes.® Figure 3 shows how the stagnation point heat
flux changes with time during an ascent mission.” Mathe-
matical models have been developed which predict detailed
transient temperature distributions throughout aircraft struc-
tures as well as heat fluxes and heat pipe fluid proper-
ties.10-1
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Fig. 3 Transient stagnation aerodynamic heat flux.

Heat Pipe Model

A finite difference model was used in this study which in-
corporated aerodynamic heating that varied with time and
chordwise position, radiation, or convection interchange with
the surroundings, time-varying active heat exchanger cooling,
and temperature-varying thermal properties. It was based upon
the following assumptions!2:

1) Heat transfer through the heat pipe wall and capillary
structure was by conduction only. .

2) There were negligible thermal resistances at the liquid/
vapor interfaces in the evaporator and condenser sections.

3) There were negligible thermal resistances in the vapor
space, thus the vapor temperature was spatially uniform and
varied only with time.

4) Spanwise temperature gradients along the leading edge
were neglected.

5) The temperature distribution of the leading edge was
symmetric about the stagnation point.

6) Surface curvature was neglected.

7) The working fluid was operating in continuum flow re-
gime, thus no startup effects were considered.

Referring to Fig. 4, the various regions were mathematically
described as:

1) Skin Conduction

%%;Lx) = V-[k,VT}] €

where T, = Ti(t, X, Y).
2) Capillary Structure

3(p,C,T>)

22 = V-[k,VT] @
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Fig. 4 Heat pipe cooling model energy balance.

where T, = T,(t, X, Y) and properties were effective prop-
erties that accounted for working fluid properties, capillary
structure properties, porosity, and temperature.

3) Vapor Region

[, 9T, x\ _ 1 d(myxCrxTy)
Ljo k oy JV d(L) = Que 7 ot ®)

where T, = T\(t)
4) Outer Surface

Qaero — Qrap + L J: k, '&J d (i) =0 (4)

Y L
where
1
=L f 14 (i> 5
Qaero qdstac 0 qsrac L (%)
! X
Orap = L J; g0 (T?,os - Ti)d (Z) (6)

and emissivity and absorptivity of the wing outer surface were
assumed to be equal.
5) Skin/Capillary Structure Interface

T, - _ 9,
k3 J =~k J @

Finite difference equations, logic schemes and computer pro-
grams have been developed, based upon these governing
equations and assumptions, which predict transient thermal
behavior of the structures under consideration.?

Camarda and Masek'* built and tested a model of a Space
Shuttle-type wing with internal sodium heat pipes. They mea-
sured transient thermal performance under a variety of heat-
ing conditions. Their experimental results compare well to
predicted surface temperatures computed using both a finite
element model described by Colwell, et al.,!! and the finite
difference model described above. The computed maximum
temperatures, however, were somewhat above the measured
values of Camarda and Masek,'s largely because convective
cooling, which existed in their experiments, was not accounted
for in the computations and because the emissivity of the test
surface was not reported. Assumed emissivity values of 0.8
and 0.85 were used in the computations.

The finite element and finite difference computations also
compared well with each other as temperatures reached a
maximum at the stagnation point but, as expected, differed
greatly at intermediate times, from 0-800 s for the conditions
shown on Fig. 3, during heat pipe startup.'* These differences
occurred due to working fluid melting, transition from free

molecular to continuum flow, and choking conditions which
are included in the finite element model but are not included
in the finite difference model. A rather minor amount of the
difference can be attributed to curvature effects which are
only considered in the finite element model.

Surface Mass-Transfer Model

As a proven technology for cooling missiles and re-entry
vehicles, mass-transfer cooling techniques, transpiration, and
film and ablation cooling are well documented in the litera-
ture.6-2° However, there is no published account of investi-
gating the effect of these surface cooling techniques in con-
junction with heat pipe hypersonic surface leading-edge cooling
techniques. Consequently, the finite difference heat pipe model
described above was modified to account for surface tran-
spiration and film-cooling effects. Ablative cooling was not
considered in this application due to its characteristic prob-
lems of the surface refurbishment/replacement of the ablative
material after a mission and the potential in flight vehicle
stability/control concerns due to changing leading-edge ge-
ometry and surface roughness resulting from the ablative
process. However, an interesting solution to the changing
leading-edge geometry problem has been presented by Cam-
beros and Roberts.*

Transpiration cooling refers to the continuous injection of
a coolant fluid through a porous surface. Film cooling refers
to the continuous injection of a coolant fluid through discrete
slots or holes in the surface (see Fig. 5). The surface protection
effect of these methods is a combination of heat absorption
by the coolant fluid and a heat transfer blocking action by
the coolant as it sweeps over the surface. The presence of the
coolant in the boundary layer and near the surface serves to
reduce the temperature and velocity gradients at the surface,
thus reducing the heat transfer rate to the surface.

Several researchers have investigated the complicated and
detailed flow phenomena associated with mass-addition into
hypersonic laminar and turbulent boundary layers analyti-
cally, numerically, and experimentally.?*~-2¢ Reported results
have generally been based on known isothermal or adiabatic
surface conditions, or on computationally intensive numerical
solutions of the boundary-layer equations modified to account
for surface mass-addition effects. The hypersonic aircraft leading
edge surface studied in this investigation, on the other hand,
had a transient, unknown surface temperature distribution
and was not adiabatic (see Figs. 1-3). Furthermore, the in-
terest of this study was on the heat pipe-cooled structural
response to the aerodynamic heating/surface mass-transfer
cooling effects, not on the detailed boundary-layer response
to coolant mass injection. Thus, it was desired to model the
surface mass-transfer cooling effects using simple expressions
that approximated well the more exact predictions and ex-
perimental results. It was envisioned that such a cooling model
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Fig. 5 Various mass-transfer surface cooling techniques.
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Fig. 6 Typical hypersonic aircraft flight trajectory.

would be of value for subsequent, more detailed engineering
design calculations. The following additional model assump-
tions were made:

1) A detached shock was present upstream of the leading
edge.

2) There was no shock/boundary-layer interaction and no
shock/shock interference.

3) The flow field in the vicinity of the leading edge was
represented as flow past a normal shock.

4) The air in this region was in local thermochemical equi-
librium, and high-temperature gas effects were important.

5) Air properties at the surface boundary-layer edge were
equal to those immediately after the shock.

6) Boundary-layer flow over the leading edge was laminar.

To examine the cooling model’s application, a typical NASP-
type hypersonic vehicle leading edge (see Figs. 1-3) was fur-
ther defined by having the additional characteristics of a) a
leading edge nose radius of 0.5 in.; b) a columbium alloy
liquid metal heat pipe with length L of 16 in. and working
fluid of lithium; c) a sweep angle of 70 deg and a wedge angle
8 of 7 deg; d) conducting a 2000-psf constant dynamic pressure
ascent mission; e) executing the flight trajectory shown on
Fig. 6; and f) all surface coolant fluids being gaseous.

Transpiration Cooling

Gross et al.”” developed a simple expression for predicting
heat transfer reductions, in the presence of transpiration cool-
ing, for laminar flow over a surface with zero pressure gra-
dient. Their work was a result of an analysis that correlated
the experimental results of earlier researchers by relating a
normalized heat transfer reduction parameter ¢/q, to a di-
mensionless mass transfer parameter J

1/2
) Vo) [ Re, .
7= (22) (&) ®
1/3 12
i _ Malr PuwVw &
e 171 (Mm) (p,u) (C) ®

where Re, was based on boundary-layer edge conditions

as

prp*
Cc* = —— 10
pz”’e ( )

and p* and p* were evaluated at the reference temperature
T* expressed as?®

T* =T, + 07T, — T.) (11)

Gross et al.?” also addressed the effect of pressure gradient
on laminar mass-transfer cooling. The greatest reduction in

heat transfer occurs for the zero pressure gradlent (flat plate
condition), and the least reduction occurs for plane stagnation
flow. However, for small values of the dimensionless mass
transfer parameter J such as those used near the stagnation
line of the present structure (see Table 1), the difference in
heat transfer reduction between flat plate and plane stagna-
tion flow is small. Therefore, based on this result, the struc-
ture’s sharp nose radius/small wedge angle and the heat pipe-
cooling model assumptions, the leadmg-edge surface in this
stady was modeled, for transpiration cooling, as a flat plate
using Eq. (9) to predict the transpiration cooling effects.
Equation (9) can be expressed in terms of x/L as

q ‘ M 13 u 1”2 X 12
L =1~-116{=2) Ip, — -, 12
9o (Mcocl) P [(PIL) ] (L> (12)

where

PwVw
= Betw 13
pu. (13)

Limitations of this model were twofold. First, Gross et al.?”
indicated that Eq. (9) is generally valid for the dimensionless
mass-transfer parameter having an upper bound of 0.25 to
0.30 or

3 u 12 e ,
Ip, [ (p;t)*] X2 =025 (14)
I=< % [ﬂ)—] X (15)

Thus, as seen in Eqgs. (9) and (15), the dimensionless param-
eter I was a function of time and chordwise distance along
the surface. In this study the distance dependency was selected
to match the heat flux dependency (Fig. 2). The selected time
dependency that satisfies Eq. (15) is shown in Fig. 7.

- The second model limitation was a result of the velocity
boundary-layer thickening due to mass addition. Excessive
transpiration can lead to destabilization of the laminar bound-

Table 1 Cases considered

Time )
(s) x/L I Re® J K
900 0.0001= 0.01 10 0.031 0.031
0.001  0.00995 98 0.100
0.0025  0.00995 244 0.155
0.0125  0.0087 1219 0.304
©0.0425  0.0014 4145 0.090
1.0 0.005 975 x 10¢ 0.156
1430  0.0001* 0.02 6 0.049  0.049
0.001  0.0199 61 0.155
0.0025  0.0199 152 0.246
0.0125  0.0174 762 0.480
0.0425  0.0028 2591 0.143
1.0 0.001 6.10 x 10* 0.247
1780  0.0001=  0.02 5 0.046 0.046
0.001  0.019 53 0.145
0.0025  0.0199 132 0.229
0.0125 0.174 660 0.447
0.0425  0.0028 2245 0.133
1.0 . 0.001 5.28 x .10 0.230
1900  0.0001* 0.02 05 0.014 0.014
0.001  0.0199 5 0.044
0.0025  0.0199 12 0.061
0.0125 0.174 61 0.136
0.425  0.0028 207 0.040
1.0 0.001 4877 0.070

2Represents ai:proximate stagnation line condition.
bBased on boundary-layer edge conditions.
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Fig. 8 Transient surface stagnation temperatures using transpiration
cooling.

ary layer. For air injection it has been reported that this may
" occur when?”:

K= (vaﬂ) Re2 = 0.619 (16)

elle

and lighter gases tend to be more destabilizing. As shown in
Table 1, the values of K used in this study were well below
0.619.

The results of incorporating the transpiration cooling model
with the existing heat pipe-cooled leading-edge finite differ-
ence model are shown in Fig. 8. In this figure the predicted
transient surface stagnation temperatures for three gaseous
coolants with no internal heat exchanger are given. For com-
parlson the stagnation temperature results for heat pipe cool-
ing alone (no heat exchanger, no surface mass-transfer cool-
ing) and for heat pipe with heat exchanger cooling (no
mass-transfer cooling) are included. The heat exchanger heat
load utilized is shown in Fig. 9.

Jt has been reported that the maximum allowable surface
temperature of available aerostructural materials is approxi-
mately 1500-1800 K.! Given this criteria, it appears that under
the conditions which yield the results of Fig. 8 heat pipe
cooling alone is not sufficient from the ascent mission time
of approximately 1000 to 2000 s. Heat pipe/heavy gas tran-
spiration cooling are miarginally sufficient during this time.
Heat pipe cooling supplemented by an internal heat exchanger
(defined by Fig. 9) or supplemented by a transpiring light-
weight gas (helium in this study) appears to be fully adequate.

In order for the heavier transpiring gases (air and water
vapor in ‘this study) to be more effective, either an internal
heat exchanger should be used in conjunction with the tran-
spiration cooling or the amount of transpiration coolant in-
jection should be increased. In the first optlon the required
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Fig. 9 Internal heat exchanger heat load.

internal heat exchanger heat load could be reduced from that
shown in Fig. 9 and, subsequently, the heat exchanger coolant
mass flowrate requirements. This would significantly lessen
the heat exchanger design requirements. In the second option,

the use of an internal heat exchanger is unnecessary. How-
ever, the amount of increase of transpiration coolant injection
requires careful consideration. First, care must be taken to
insure the laminar boundary layer is not destabilized due to
the resultant increase of coolant mass into the boundary layer.

If this destabilization occurs, the result would be a significant
increase in heat transfer to the surface yielding higher surface
temperatures than predicted. Second, the increase of coolant
transpiration should not result in a condition which falls out-
side the limits of the Eq. (14).

Film Cooling

Redeker and Miller* have shown good correlation between
experimental and theoretical studies of laminar film cooling
a l-in. nose radius hemi-cylinder slab, approximating a full
scale wing, in Mach 16 flow. Basing their analytical devel-
opment on the discrete layer flow model of Papell and Hatch,*
which they and others®' have experimentally verified for lam-
inar flow, Redekerand Miller developed the following rela-
tionship for the heat transfer reduction due to film cooling
an isothermal, nonadlabatlc surface

o - e )
where
oo (M) @
My ) Cpu
and
p-2t4 f h, dx )

(%)
cool

. The relationship between A, (the heat transfer coefficient be-

tween the boundary-layer air and the coolant film being in-
jected at the stagnation point) and surface distance x was
determined experimentally by Redeker and Miller.?* How-
ever, in the present study this functional relationship, the
relationship between the boundary- layer-to-surface heat transfer
coefficient and surface distance (the no injection case), was
unknown, and the surface temperature distribution along the
heat pipe- -cooled leading edge was unknown, all due to a lack
of available experimental data.

To overcome these shortcomings, the boundaryr_layer-to-
coolant film heat transfer coefficient was first assumed to
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Table 2 Predicted and measured heat transfer reductions

x W = 0.26 Weoer = 0.66 Weoor = 0018 iy = 0.028
[m] Ref.29 Eq.(17) Ref.29 [Eq.(17) Ref.29 Eq.(17) Ref.29 Eq.(17)
0.011 0.2 0.30 0.15 0.21 0.55 0.34 0.4 0.34
0.017 0.3 0.32 0.2 0.24 0.6 0.34 0.5 0.34
0.059 0.3 0.34 0.2 0.30 0.5 0.34 0.5 0.34
0.180 0.4 0.34 0.2 0.33 0.6 0.34 0.5 0.34
equal the boundary-layer-to surface heat transfer coeffi- i
cient.* Second, it was assumed that the Reynolds analogy for 211
{aminar flow over a flat plate was valid for this situation: 19

StPr3 = (C/2) (20)

Table 1 indicates, for the conditions of this study, that a
laminar flow assumption in the vicinity of the leading edge of
the structure depicted in Fig. 1 was reasonable. Additionally,
it has been shown that the Reynolds analogy, developed from
an -incompressible flow analysis, gives reasonable approxi-
mations at hypersonic speeds and that these same physical
trends hold for hypersonic boundary layers over general aero-
dynamic shapes.3

Thus, by employing these assumptions 4, in Eq. (19) may
be written as

h, = 0.332Re; Pr-23p,C, u, 1)

where all air properties were evaluated at the boundary layer
edge condition. Further, to better approximate an actual com-
pressible condition by the effective incompressible one, Eq.
(21) can be modified as?®

= (p*/p.) h, (22)

Y = 0.332Re*~V2Pr-23p*C u, (23)

where (*) properties are determined from the reference tem-
perature, Eq. (11), and the variation of Pr with Pr* is con-
sidered small. Substituting Eq. (23) into Eq. (19) and sim-
phfymg yields

~1esLtA) ( CCp > [e(pp)*]2x'2 (24)
m pcoo]
(Z >cool
for Pr = 0.71.

Table 2 shows the results of comparing the predicted heat
transfer reduction of Eq. (17), modified by Eq. (24) to the
experimental results of Redeker and Miller® for various x
locations along the surface and values of coolant mass flowrate
per unit span length. As indicated in Fig. 2, the greatest
amount of aerodynamic heating for the present structure oc-
curs in the range of 0 < x/L = 0.04 which corresponds to 0
=x = 0.016 for L = 0.4064 m (16 in.). Table 2 shows a good
correlation between the Redeker and Miller?® experimental
data and the Eq. (17) predictions especially in the range of 0
= x = 0.016.

Thus, Egs. (17), (18), and (24) were used in the present
study to model the heat transfer reduction due to laminar film
cooling on the surface of the heat pipe-cooled leading edge
of Fig. 1. Equation (24) was further modified to account for
a x/L variation by

B =

wcool cool

T+ a) <05) [u(pw) ]2 (%) (25)
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o
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Fig. 10 Transient surface stagnation temperatures using film cooling.
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Fig. 11 Film coolant injection profile.

where
l"-)cool = (m/z)cool (26)

The results of incorporating the film cooling model with
the existing heat pipe-cooled leading-edge finite difference
model are shown in Fig. 10. In this figure predicted transient
surface stagnation temperatures for three gaseous coolants
injected along the leading- edge stagnation line, with no in-
ternal heat exchanger, are given. For comparison, the stag-
nation temperature results for heat pipe cooling alone (no
heat exchanger, no mass transfer cooling) and heat pipe with
heat exchanger (no mass transfer cooling) are again indicated.
The injected coolant mass flowrate per unit span length w,,_,,
used in this study is shown in Fig. 11. The internal heat ex-
changer heat load used was the same as for the transpiration
cooling study (Fig. 9). Using the criteria of the maximum
allowable surface temperature of available aero-structural
materials as being approximately 1500-1800 K, it appears that
under the conditions which yield the results of Fig. 10, heat
pipe cooling supplemented by a coolant film injected at the
leading edge stagnation line is fully adequate.

Despite the apparent protection the laminar film cooling
provides, it has been reported that excessive upstream coolant
injection may destabilize the laminar boundary layer, leading
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to premature transition and subsequent heat transfer rates in
excess of the no-injection laminar values.*-3 For the range
of values of w,,, used in the experimental work of Redeker
and Miller?® (see Table 2) very little coolant film mixing with
the freestream flow was reported over a surface distance of
16.6 in. The values of W, used in this study, under similar
conditions, falls within this range. Consequently, this poten-
tial instability condition was not considered here, and it has
been assumed that the coolant forms a discrete laminar film
over the leading-edge surface.

It is important to also note that from 0—800 s during the
ascent mission described by Figs. 2, 3, and 6 the heat pipe
would actually exhibit the startup effects of working fluid
melting, vaporization and transition from free molecular to
continuum flow.'* Although very important considerations in
the overall heat pipe design and the subject of numerous
studies,’-*:1* these startup effects were not included in the
present cooling model. It has been previously demonstrated
that heat pipe cooling alone is fully adequate during the star-
tup period.* As demonstrated in Figs. 8 and 10, the time
interval where heat pipe cooling alone fails is approximately
between 1000-2000 s, when the heat pipe is fully operational.
Thus additional cooling is required. The present cooling model
allows for the examination of the supplemental effects of sur-
face transpiration for film cooling during this critical, maxi-
mum aerodynamic heating period of a hypersonic vehicle
leading edge structure.

Concluding Remarks

The problem of determining the feasibility of cooling hy-
' personic vehicle leading-edge structures exposed to severe
aerodynamic surface heating using heat pipe and mass transfer
cooling techniques was addressed in this paper. The descrip-
tion of a numerical, finite difference-based hypersonic lead-
ing-edge cooling model incorporating poststartup liquid metal
heat pipe cooling with surface transpiration and film cooling
to predict the transient structural temperature distributions
and maximum surface temperatures of hypersonic vehicle
leading edge was presented. It is envisioned that this gener-
alized model could be used as a tool for future hypersonic
leading-edge structural cooling design calculations. One ap-
plication of the model was demonstrated for the transient
cooling of a typical aerospace plane wing leading-edge section.

Results of this application indicated that liquid metal heat
pipe cooling alone was insufficient for maintaining surface
temperatures below an assumed maximum level of 1800 K for
approximately one-third of a typical aerospace plane ascent
trajectory through the Earth’s atmosphere. However, by sup-
plementing the heat pipe cooling with an active internal heat
exchanger cooling mechanism, with gaseous transpiration
cooling along the entire leading-edge length, or with gaseous
film coolant injection at the leading-edge stagnation point
significant improvements resulted and they appeared to be
feasible cooling alternatives. It was also indicated that the
injected surface coolant gas possessing the combination of
high specific heat and low molecular weight (such as helium
in this report) provided the greatest aecrodynamic heat transfer
reduction to the leading edge surface in both the transpiration
and film cooling cases. Hydrogen was not considered a prac-
tical coolant gas in this application due to its low combustion
temperature (approximately 1100 K) compared to the high
maximum allowable leading edge surface temperatures (1500
1800 K).2

Additionally, no attempt was made to compare to one an-
other the relative cooling effectiveness of the transpiration
and film cooling cases. This would require, among other things,
knowledge of the specific mass flow rates necessary to give
the heat transfer reduction results presented. Since the surface
injection geometry required for these two methods is com-
pletely different, as shown in Fig. 5, the coolant injection
requirements in the present investigation were developed on
a mass flux basis. Therefore, no particular coolant injection

geometry for the hypersonic vehicle leading-edge surface had
to be assumed. Rather, emphasis could be placed on deter-
mining the feasibility of each cooling concept without concern
over what would be the optimum coolant injection design.

It must be further emphasized that the leading-edge cooling
model developed by Modlin® and described in this paper was
designed for use as a tool for further detailed engineering
design calculations for poststartup heat pipe/mass-transfer
cooling operation. The model’s structure was intentionally
general in order that it could be applied to a variety of hy-
personic vehicle leading-edge systems. As an example, a com-
panion paper prepared by the authors reports the results of
a study that considers the problem of cooling SCRAMIJET
engine inlets using this hypersonic leading-edge cooling model,
modified to include type IV shock interaction surface heating
effects.
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